A 4% Uninhabited Combat Air Vehicle (UCAV) has been extensively tested at low speeds in a wind tunnel to investigate using vortex flow control to control vehicle attitude. The program is the initial step to utilize experimental and computational techniques to understand the flowfield environment on a representative lowobservable air vehicle and use that understanding to apply an efficient vortex flow control apparatus. Gross flow field characteristics were identified using flow visualization and the approximate vortex location was determined for a number of angles-of-attack for a tunnel dynamic pressure of 26.74 psf. From this study, the model was instrumented with pressure transducers at appropriate locations on the wing and unsteady data was acquired for a number of angles-of-attack and tunnel dynamic pressures. A six-component internal balance was then installed to measure aerodynamic forces and moments. Limited steady electronically scanned pressure data were acquired. Computational fluid dynamic (CFD) analysis was conducted on the model geometry to compare with the results from the wind tunnel study. The results show two vortex structures: a weak apex vortex and a stronger wing vortex. Wing vortex frequency exhibits a broad-banded dominant frequency of approximately 10 Strouhal number. Maximum suction pressure was seen to move forward on the wing leading edge as the wing vortex moved inboard with increasing angle-of-attack. The CFD results adequately predicted the force and moment data. However, the CFD comparison to the unsteady pressure data was not stellar: CFD frequently failed to predict the mean pressure coefficient and the frequency content of the signal.
INTRODUCTION
On air vehicles with swept wings, leading edge vortices are created at off-design conditions, Ref.
1. The leading edge vortex generally has a beneficial effect in the form of increased lift at higher angles-of-attack. By controlling the location of the shed vortex or vortices, vehicle roll and pitch control may be possible. Uninhabited Combat Air Vehicles (UCAVs) that utilize stealth to avoid detection suffer a radar signature increase when control surfaces are deflected. Thus, there is an advantage to be gained by limiting flap deflection by utilizing vortex flow control to change vehicle attitude. However, a thorough understanding of the vehicle flowfield is needed to best mate a flow control device to the vehicle. In view of this, an experimental and numerical investigation was conducted on a representative UCAV configuration to define the flowfield and investigate methods to control vortex location and, ultimately, vehicle attitude. The test program was developed in three phases: 1) vortex location identification using laser light sheet flow visualization and fluorescent oil applied to the model surface, 2) vortex quantification through surface and off-body measurements, and 3) vortex manipulation utilizing a flow control device. This paper reports the results of the first two phases of the program.
EXPERIMENTAL SETUP
The tests were conducted in the Naval Aerodynamic Test Facility (NATF) as part of the Naval Air Warfare Center In-House Laboratory Independent Research (ILIR) program. The NATF is a four-foot by four-foot closed test section, open-return wind tunnel. The facility incorporates a 200 horsepower motor that drives a variable pitch fan and delivers a maximum velocity of 205 ft/s. In addition, the facility has honeycomb and three sets of flow conditioning screens that minimize freestream turbulence intensity to approximately 0.15% and freestream velocity differences of 1%. Fig. 1 shows the 4% UCAV model in the NATF.
Static Pressure probe A 4% UCAV model with 47-degree leading edge was used as a representative configuration. The model was fabricated of stainless steel for the US Air Force Research Laboratory and tested previously to assess aerodynamic performance at high subsonic and transonic speeds, Ref.
2. The leading edge of the cranked-deltawing vehicle has a sharp chine at the nose that transitions to round in the vicinity of the wing/body juncture, see Fig. 2 . All data reported herein was for the boundary layer transition free. Also visible in Fig. 2 and detailed in Fig. 3 , are the 13 Kulite fast-response, 5-psi sealed-gauge, pressure transducers installed on the model. An inlet nose plug was installed for the majority of the testing to create a more simplified geometry without the added complexity of a flow-through duct. In addition, transducer signal/power cables could be run through the duct, thus avoiding expensive machining of the model. The nose/propulsion inlet plug also allows the testing of novel vortex flow control devices to be easily fabricated and evaluated when affixed to the plug.
A sting assembly attached to the facility pitch strut supported the model and the support system was constrained vertically; the model moved off-centerline with changing angle-of-attack. Angle-of-attack was measured at the model support system using an Allied Signal QA-2000 accelerometer. The model was set to 0.108 degrees in yaw to correct cross flow angularity.
The unsteady pressure data was acquired using a 32-channel, 14-bit DSP Technology, Inc. IMPAX unsteady data acquisition system connected to a personal computer. This system acquired the data simultaneously and thus the data was coincident. PROCEDURE AND DATA REDUCTION PHASE 1 A flow visualization study was conducted utilizing laser light sheet and injected vaporized propylene glycol to seed the flow. A miniature camera was mounted to the support system strut and orthogonal to the light sheet. To quantify the location of the vortices in space, video data was acquired at a tunnel dynamic pressure of 26.74 psf and at angles-of-attack from 6 to 14 degrees in increments of 2 degrees. After tunnel shutdown, a reference grid was placed in the plane of the light sheet. See Fig. 4 for an example of video data and the reference grid. Using a known reference location on the grid, digital image processing techniques, and an in-house developed digitizing code (DigitVB), the vortex locations were determined. In addition, fluorescent oil flow visualization studies were conducted at an angle-of-attack of 10 degrees and for wind tunnel velocities of 75 ft/s, 100 ft/s, 125 ft/s, and 150 ft/s, see Fig. 5 . Note: Fig. 5 has been digitally enhanced for clarity. Both of these studies were performed utilizing a dummy balance. This allowed angular deformations to be minimized. The results from this phase were used to guide transducer placement on the model.
PHASE 2
The unsteady pressure tests reported herein were conducted at a constant tunnel velocity of 150 ft/s (q ∞ =26.74 psf and Reynolds number of 0.73 million based on MAC). Model incidence was varied from 0 degrees to 18 degrees in increments of 1 degree for the unsteady pressure portion of the testing. Thirty seconds of wind-off-zero data were acquired previous to tunnel start up. The tunnel was driven to 150 ft/s and after test conditions steadied, unsteady pressure data were acquired. Unsteady pressures were sampled at 10,000 samples/second for 30 seconds. A Butterworth 8-pole filter provided a low-pass cut off frequency of 2,000 Hz. Following tunnel shutdown, wind-off-zero data were acquired for comparison to the pre-test wind-off-zero data. The data was analyzed to determine the time-history and PSD characteristics. The large size of the data array (307200
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Note: Image has been digitally enhanced Matlab software was used to determine the pressure time history and pressure power spectral density (PSD) using an SGI Octane computer workstation. A Mensor digital pressure gauge was used to measure the reference barometric pressure needed to obtain the measured absolute pressure from the sealed gauge transducers. Pressure coefficient data were then determined by the following:
The coherent acoustic noise present in the freestream data was removed from the pressure measurements by using an unsteady static pressure probe located on the tunnel floor, see Fig. 1 . The coherence was a function of the power spectrum of the freestream noise and the power spectrum of the data at an arbitrary angle-of-attack and the cross spectrum of the freestream noise and the data at the arbitrary angle-of-attack, see Refs. 3 and 4. Thus, the coherence was found by:
The PSD of the measured data was then corrected:
The algorithm to determine the PSD was based on the method by Welch, Ref. 5 . The data were segmented into windows to allow thirty averages and corresponded to a frequency resolution of 1 Hz. No data overlapping was employed and a Hanning filter was used with a window length the same size as the data segments. The mean was eliminated from the PSD and coherence calculations and a 95% confidence criterion was used to gage the PSD assessment. Reported force and moment testing was accomplished at a tunnel dynamic pressure of 46.59 psf. This higher tunnel dynamic pressure allowed a higher loading on the balance and decreased coefficient measurement uncertainty. A Modern Machine UT-37BN six-component, sting-mounted balance replaced the dummy balance used in the previous studies. Table 1 provides details of the maximum full-scale loads and error report. The balance had been calibrated immediately before testing and first and second order interaction corrections were utilized. Limited electronically scanned pressure (ESP) data was obtained. This provided some wing pressures and quantified model base and cavity pressure. However, the force and moment data shown in this paper are uncorrected for the effect of the wind tunnel walls.
The CFD calculations were performed using the COBALT code, a time-accurate, unstructured Navier-Stokes solver, see Refs. 6 and 7. Cobalt solves the Navier-Stokes equations using a Riemann method. Implicit solutions are obtained on unstructured, cell centered, finite volume cells. The cell type is arbitrary. The volume grid consists of one zone that is subdivided for parallel processing. The grid model utilized a symmetry plane for the model and consisted of 381,000 cells, see Fig. 6 . The solution was obtained at time step of 1/40,000 second. A Spalart-Allmaras turbulence model was employed. Full-scale Reynolds number at 150 Ft/s were calculated in a free-air case. Also, the effects of the aerodynamic distortion due to the wind tunnel sting were not accounted for in the CFD model.
ERROR ANALYSIS
An uncertainty estimate of the data was undertaken to gauge the accuracy of the test results. The unsteady pressure measurement accuracy was dictated by the quoted instrumentation repeatability of 0.1%. The effect of the accuracy of the A/D system and power supply was evaluated and found to be negligible on the data accuracy.
(However, these uncertainties were incorporated in the error analysis.) The tunnel velocity varied in the test section by approximately 1% and fluctuated by approximately 0.75% at the tested tunnel velocity. Using a method outlined in Ref. 8 , the uncertainty in pressure coefficient was estimated to be 0.027. The highest and lowest resolvable frequencies were 2000 Hz and 0.03 Hz, respectively. These values were based on the use of a low-pass filter and dwell time. The Nyquist criteria would dictate the highest frequency of 4,267 Hz. The frequency that could be resolved in the PSD was approximately 1Hz. Table 1 provides estimates of the error associated with the balance data at a tunnel dynamic pressure of 46.59 psf.
RESULTS
To gain an understanding of the various flow-states on the UCAV, lift coefficient versus angle-of-attack and drag coefficient versus lift coefficient squared were evaluated for a tunnel dynamic pressure of 46.59 psf, see Figs. 7 and 8. In Fig. 7 , the theoretical attached flow lift coefficient is given by: Due to the poor balance resolution at low values of drag coefficient, it is difficult to quantify the boundary from attached to separated flow in Fig. 8 . However, Fig. 8 does provide insight into other flow-states existing on the wing. Theoretical estimates for the data, based upon linear least-squares fits, are shown within the respective mid-alpha and high-alpha ranges. Changes in flow-state manifest themselves as changes in a linear slope of the plot. At approximately C L 2 = 0.25 or an α = 7.5 degrees, another lift curve slop break point was seen to occur (filled circle symbol) and was most likely due to the outboard panel of the wing separating. Another lift curve slope break point was seen to occur at C L 2 = 0.51 or an α = 13 degrees, again tagged by a filled circle symbol. The drag rise after C L 2 = 0.51 is more quadratic in nature and implies a change in the character of the separated flow: the bursting of the wing vortex.
Drag force and pitching moment coefficient were plotted against lift coefficient and are shown in Figs. 9 and 10 . The lift curve slope break points observed previously are plotted on these figures as filled circle symbols. Again, data from the CFD analysis is plotted for comparison. The relative insensitivity of the axial force balance beam caused significant scatter near C Dmin . The pitching moment was seen to exhibit a slight nose up moment after the transition from attached to separated flow. A larger nose up pitching moment was realized after the second lift curve slope break point due to the outer wing panel separating. An increasing nose down moment due to wing vortex bursting was realized after the third lift curve slope break point.
From both CFD and Phase 1 experiments, two distinct vortex systems were found: one vortex emanating from the nose of the vehicle and a second vortex issuing from the wing leading edge, see Fig. 11 . CFD analyses showed good agreement in the basic flow structure. The wing vortex was found to emanate at the transition from a sharp to rounded leading edge. Laser light sheet images were analyzed and the vortex location in space was quantified for an angle-of-attack of 10 degrees, see The results from the flow visualization studies were used to guide transducer placement; see Fig. 3 for transducer location. Unsteady pressure data were analyzed and plotted as a mean and standard deviation of the pressure coefficient versus angle-of-attack, see Figs. 13 and 14. Note: all pressure data uses uncorrected angle-of-attack and dynamic pressure. The mean pressure coefficient is an indication of the approximate vortex location along the leading edge. As angle-of-attack increases, the vortex was seen to move more inboard as evidenced in Fig.  13 by an increase in suction pressure toward the apex as the angle-of-attack increases (i.e., the maximum suction pressure for a given transducer location occurs at a lower angle-of-attack for increasing x/MAC). The flowfield appears to be slightly asymmetric as evidenced by Transducers 10 and 11 having different pressure characteristics.
The standard deviation of the pressure coefficient was a measure of the flow unsteadiness, see Fig. 14. The maximum standard deviation was seen to occur at a higher angle-of-attack than the maximum suction peak. Also note that Transducer 4 experienced a rapid rise in standard deviation at higher angles-of-attack. The location of Transducer 4 was in a region where, due to geometric blending of the body, nose, and wing, separated flow was possible.
PSD plots for Transducer 8 as a series of increasing angle-of-attack are presented in Fig. 15 . This location was chosen because it generally was the first to exhibit a defined vortex frequency spectrum. At an angle-of-attack of 8 degrees, the only detectable frequency spikes were due to the wind tunnel fan. At this angle-of-attack, this location was found to have no defined vortex frequency spectrum. This figure is typical for transducers located nearer the apex and most transducers at low to moderate angles-of-attack. As the angle-of-attack is increased, a broad frequency spike develops at this transducer location. The maximum Strouhal number of the spectrum varies as shown in Table 2 . The Strouhal number was generally found to be near 10 for most leading edge locations. However, these numbers were determined based on the inflection point of the broad band spike (e.g., Fig. 8 ) and are not to be thought of as distinct frequencies.
The corresponding pressure coefficient time histories for Transducer 8 are shown in Fig. 16 . Non-dimensional time is plotted for the equivalent of 0.2 seconds. A low frequency pulse is seen at an angle-of-attack of 16 degrees. This pulse was seen at the same angle-of-attack in Fig. 15 as a large spike at a Strouhal number of 0.5. The low frequency pulse also corresponds to the maximum standard deviation seen in Fig. 14 for this transducer. Plots of PSD for Transducer 2 (apex of vehicle) and 12 (furthest aft) are plotted in Figs. 17 and 18 . As mentioned previously, little frequency content was noted for transducers located near the nose and at low to moderate angle-of-attack, see Fig 17. Increasing angle-of-attack to 14 to 18 degrees, Transducer 2 measured a broad band signal indicative of a separated flowfield.
In Fig. 18 , Transducer 12 exhibited a more defined spectrum at an angle-of-attack of 10 degrees. At this location and angle-of-attack the vortex had not burst. However, increasing angle-of-attack to 14 degrees, a broad band spectrum was seen. From flow visualization results discussed previously, the wing vortex had burst at this location and angle-of-attack. Increasing angle-of-attack further to 18 degrees, a curious spike was noted. At this time, the explanation for this is being studied. Note: the vertical scale is not constant across the family of plots. The data was analyzed using Welch's method and utilized the same sample size, sample rate, and blocks (or windows) of data. Unfortunately, the CFD prediction was for a full-scale Reynolds number. The effect of Reynolds number on the flow would be to change the location and strength of the vortex, Ref. 10 . In addition, the frequency content of the full-scale Reynolds number would be much lower. This raises a concern that the sample length (0.3 seconds) may not be of adequate length to resolve the frequency content.
As seen in Fig. 20 and Table 3 , CFD poorly predicts the mean pressure coefficient and signal content (standard deviation).
Additional analysis must be performed before a fair assessment of CFD ability to predict the unsteady flowfield can be made. These include scaling the Reynolds number, increasing grid resolution in the vicinity of the vortex formation to insure adequate resolution of small-scale eddy structure off the prime separation, investigating time step adequacy, and using an improved turbulence model. Initially, apex blowing was to be utilized to facilitate vortex flow control. This may be attempted but, given the fact of a weak apex vortex that is distinct from the wing vortex and little flow dynamic frequency content, repositioning the apex vortex through steady or pulsed blowing appears unlikely to affect the wing vortex. It may be possible to utilize tangential leading edge blowing on the nose plug to initiate the wing vortex and that may be an avenue to explore. Currently, the use of leading edge micro-vortex generators is being investigated and will be researched later this year. The cost to the low observable signature remains to be determined.
CONCLUSIONS
A comprehensive test program was accomplished to determine the flowfield characteristics of a representative UCAV configuration. The tests were conducted in the US Navy NATF wind tunnel at a tunnel dynamic pressure of 26.74 psf. The results show that the air vehicle has two flow structures: an apex and wing vortex. Of the two, the wing vortex appears to be much stronger. The apex vortex exhibited little dynamic frequency content while the wing vortex exhibited a broad band frequency with a Strouhal number of 10. Little interaction was noted between the vortices. Force and moment data analysis showed distinct flow states depending on UCAV angleof-attack. CFD was found to predict the gross flowfield features well, but had difficulty in predicting the pressure dynamic frequency content. CFD force and moment predictions was adequate. Future directions for vehicle control will be focused on wing vortex manipulation through the use of micro-vortex generators or fences. Cp Standard Deviation T r a n s d u c e r Transducer 12
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